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AN EMPIRICALLY DERIVED METHOD FOR CALCULATING PRESSURE
DISTRIBUTINNS OVER ATIRFOILS AT SUPERCRITICAL MACH
NUMBERS AND MODERATE ANGLES OF ATTACK

By Gerseld E. Nitzberg and Loma E. Sluder
SUMMARY

On the baslis of an enalysis of experimental airfoll data
a8 procedure 1s developed for ocalculating pressure distributions
ovar alrfolls at suvercritical Mach numbers. A number of
fectors 1imit applicetion of the method to moderate angles of
attack. Only the forward portion of the airfoil, where
interactlion between local boundary~layer thickness and local-
pressure distribution is negliglble, 18 considered in detail,
Use of the method developed merely requires s knowleéedge of
the low-speed or potentisl theory, pressure distribution,
end the shape of the sirfoll., Calculsted and experimentally
megsured high-speed pressure distributions are compared for
a wicde varlety of airfoils at different angles of attack

end Msch numbers,
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INTRODUCTION

Air, when flowing past moderately thick airfoll sectlons
at seven- or elght-tenths the veloclty of sound, attains local
velocities: in excess of sonic. Analysls of such mixéd subsonic
and supersonic types of flow presents difficulties which are
greater than those of elther purely subsonlc .or supersonic
flow. )

A general compressibllity correction for pressure coef-
ficlents has been derived by Karmén and Tsien (reference 1)
which, when applied to potential theory pressure distrlibutions,
glves the distribution over an airfoill in any desired wholly
subsonic flow. In the regime of purely supersonic flow,
Prandtl.and Meyer (reference 2) derived a theory of the
pressure. dlstribution over .a curved surface by considering
the effects on an initially semi-infinite uhiform flow at
sonic veloolty when 1t Ls deflected around a cornsr. It
was found that the looal supersonic Mach numbers attained by’
the stream are a function only of. the total angle through
which the stream is turned. This theory can be used to
obtaln the pressure dilstributions over airfoils at super sonic
Mach numbers. The supersonic flow reglon in the vieinlty of
alrfoils at high subsonic free-stream Mach numbers i1s limited

in extent so that the Prandtl-Meyer theory cannoct be applied

directly. As a-result of mathematical difficulties, a
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readily applicable sclution of the problem of supersonlc
flow of limited extent has not besn obtsined as yet, but
the importance of the problem makes it expedient to resort
to an empirical snalysls. . . -

Pressure distributions over a number of airfoils at high
Mach numbers have recently besen obtained iIn the Ames
1- by 3-1/2-foot high-speed wind tunnel. The airfoils are of
the conventional sections NACA 0015, 23015, Lh15 and Li12,
end the low-drag sections NACA £55.215 (a = 0.5) and 66,2-215
(a= 0.6). These pressure distributions were obteained at
Revnolds numbers of approximately 2,000,000 and are considered
to be accurate representations of free-alr results up to Mach
numbers of 0.810 for moderate angles of attack. The effects
of Revnolds number variation on high-speed pressure distri-
butions are not known. Therefore, it is not possible to
estimate what restrictions are imposed on the generallty of
en analysis based on these pressure measurements as a result
of the moderate test Reynolds number.

Experimental section drag coefficients were obtained by
wake surveys simultansously with the pressure dlstributions.
At moderate angles of attack, the drag coefflclents show no
appreciable variation with Mach number until the local
velocity of sound is exceeded at some polnt on the alirfoil
surface. The free-stream Mach number at which local sonilc

velocity first occurs 1s the critical Mach number. Above

COVIDU T L -



I CoO™ IRT TTAL NACA R!M ¥o. ATR07

the critlcal Mach number, there is & more or less marked
increase in the alrfoil drag coefflcient. Since a drag
increase Is indicative of & thickening boundary layer, it is
anticipated that there are considerable boundary-layer - -
effects at supercritical spceds. It would thus appear

possible to start an analysis of the experimental pressure
distributions by separating the viscosity and compressibility
oeffects. In reference 3, it is shown that the differcnces

betwesn agirfoll section characteristlies 1In potential flow and

in real viscous flulds can be accurately treated by teking

account of the boundary laver. These dirferences were found

to be chlefly embodied in effective changes in the airfoil

shape and angle of attack, It thus might be hopcd that the .
compressible supercritical counterpart of potential theory

could be obtalned by correcting the experimental pressure
distributions for the boundary-layer viscosity effects.

Reference l. has treated the growth and stability of the

laminar boundary laver at large Mach numbers; but a survey e —
of the literature reveals that boundary-layer changes through
and behind shock waves have not yet been successfully analyzed.
Moreover, there are a number of indications of a strong inter-
action between the shock wave and boundary layer which
eliminates the possibility of separating viscosity and
compressibllity effects in the vicinity of the shock wave,

In spite of this limitation, it still secems feasible to
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separate gross viscasity effects, such as effective angle-
of-attack changes, from the compressibility effects.

- The initisl step in the procedure used in the prssent
report was the determination of 21l the known airfoll
parameters, that is, the directly determinable properties

of the sirfoill and the flow fleld. These parameters wers
correlated with that property of the pressure distribution
under consideration to find the ones which'seem relevant,

The result of such a.procedure is not rigorously correct
because 1t is based only on combinations of those parameters
which 2re available. In other words, if some other perameter
could be obtained, a combinatlon of parameters might be found
whioh would glve equal or better correlation with the experil-
mental measurements. Thus, the acceptance of the results of
this report is dependent upon the rationality of the analysis
based upon those parameters which are taken to be of prime

importance.
ANALYSIS

At supercritical Mach numbers, where the flow in the
vieinity of an airfoil 1s both subsoﬁic and supersonic, 1t
1s to be expected that the relative importﬁnce of local
airfoil-shape parameters will be different for these two
types of flow. Therefors, thess two regimes will be

consldered separastely.
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Forwerd Subsuvnic Region

A procedure for handling the forward subsonic reglon of
the pressure distribution is suggested by analogy wlith the low-
speed theory of viscosity effects on airfoil characteristics.
This theory shows that the presence of a thick boundary layer
results in an effectlve change in the angle of attack and
camber- line. The rslatively large drag coefficlients at .
supercritlical Mach numbersg ars indleative of thick boundary
layers. Therefore, 1t 1s to be expected that there 1z an
effective angle~of-attack change at supercritical Mach numbers.

A study of éexperimental datw at supercritical Mach
numbers reveals that, for the airfoils tested, which were of
12- and l5-percent thlckness, the subsonic region is of very
limited chordwlse extent on at lecast one surface &t most
angles of attack, " In fact, at large Mach numbers the subsonic
portion of the pressure distribution over both alrfoll surfaces
1s greater than a few percent of a chord length at only
moderdte angles of attack, that is, angles from 0° to uo.

So in order to handle the subsonlc regime, the analyslis will
have to ‘be limited to such moderate angles of attack., The
primary importance of studying the subsonic portion of the
pressurse distribution is as a means for predicting the chord-
wise location of the point at which sornilic velocity is attained.

In order to obtain a precedure which can be applied to an
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arbitrary airfoil sectlion, it is necessary to relate super-
critical pressure digtributions to low-speed pressure
distributions. To do this, 1t would seem possible to

apply the Kérmén-Tsien theory to low-speed pressure
distributions at angles of attack corrected for the high-
speed boundary-layer effects. However, the experimental
observations which are to be discussed directly indicate
that in the immediate vicinity of the airfoll stagnotion
point the variaetion of pressure coefficient with Mach number
does not seer to follow the Kadrmén-Tsien theory. An
examination of subcritical pressure distributions, st angles
of attack for which the drag coefflclent remeined constant
with the increasing lach number, revealed that at 2i- and
S-percent-chord stations the expsrimental pressure-coeffi-
cient varistion with Mach number was less than that
predicted by the Kérmédn-Teien theory, while the variation
aft of the l0-percent-chord station was in good agreement
with the theory. At supercritlcel Mach numbers thers are
other factors besides compressibility which affect the
variation with Mach number of pressure coefficients in the
forward subsonic portion of the airfoil so that 1t was not
feasible to investigate the observed deviation from theory
in detaill., Lacking a more appropriate compresslibility
correction, the present analysis will apply the Rérnan-Tsien

theory even near the airfoil leading edge.

CO™: I™FYTIEL



8 CEY" TMEUTTAT, NACA RY No. A7BO7

In low-speed viscous theery, an effective angle-of-attack
change is considered to occur when the presence of a boundary
layer alters the flow past an airfoll in a manner which is
gimilar to that which would arise from a snift of the airfoil
trailing edge from its actual physical position to an
effective position at the center of the total trailing-edge
boundary layer. Thus, to find the effective angle-of-attack
change, 1t 1s only neceasary to know the trailing-edge
boundary-layer thickness for each surface of the sirfoil, At
low speeds the drag coefficlent Is a known function of boundary-
layer thickness and pressure coefficient st the trailing edge.
However, this functlonal relation is not known for super-
critical speeds. Moreover, at supercritical Mach numbers,
drag hes two components - losses through the shock wave and
wlthin the boundary layer, It i1s not to be expected that tho
shock-wave wake would operate like the boundary layer, in
ehanglng the effoctive angle of attack, Therefore, the
trailing-edge boundary-layer thickness cannot bo directly
determined at supercritical Mach numbers from the known
pressure distribution and drag coefficient.

That portion of the experimental pressure distributions
ehead of the sonic point was reduced to low speeds by using
the Kearmén-Tslen theory. Vhen these adjusted pressurec
distributions were compared with low-speed pressure distri-

butions, it was found that the upper and lowser surfaces of an
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alrfoll appeared to he at different angles of attack. The
adjusted pressure distributlions over single surfacos d4id
not conform exactly to the low-speed distribution for any
angle of attack; however, over the forward subsonic portion
of each pressure distribution, the maximum scatter
corresponded .to & spread of a few tenths of o degree. This
similarity indicates that, as a first approximation, tuns
total boundary-layer effect can be treated as an angle~of-
attack change. A pracise svaluastion of boundary-layer
effects would require separating the angle-of-attack
effect and the shape change. There is no avallable method
for calculating boundary-layer changes in_thg vicinlty of a
shock wave so the present analysis is limited to the
previously mentlioned first approximation, |

The effective angle of attack for each cirfoil surfacs
was calculated from the experimental pressure distributions
for which only one surface had a reglon of supersonic. flow.
For the moderate angles of. attack conéidered, the supersonic
reglon always occurred on the upper surface of thg sirfoil..
The values of the effective angle-of-attack change, occasioned
by the presence of a shock on the upper surface Ao (T.S,S.)
were plotted for sach surface as a function of the lncrement
of the free-stream Mach number above the critical Mach
number M-U, ., Values were plotted for the upper surfacé in

figure 1 and those for the lower surface in figurc 2. In theso

CONYIN-KETIAL
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figures 1t is seen that for the wide wvarlety of airfoll shapes
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and differences 1n free-strsam Mach number and geometric angles

of attack, the maximum dlspersion of the points for any value

of M - Mgr 1s only about 1°, Therefore, a curve falred through

the mean values -.of the experimental points can be used to
predict the effective angles~of-attack change for a given value
of M ~ Mgy to within about 1/2°., . Although this approximation
is adequate for predicting the sonic-point location, an
attempt was made. to determine whether this disperslon was a
function of some other parameter. A parameter which seemed to
be of considerable importance was dM,,/dc . It was noticed
that the majority of the cases for which Acg(U.S.S8.) valucs
were low corresponded to configurations having values of
dMqp/da  greater than 0,025. Further evidence of the
importance of this paramseter 1s presented in figure 3 where
the increment of drag coefficient above the low-speed drag

coeffilcient Cp - CDL.S. 1s plotted as a function of M - Mgy,

for the configurations considered in figures 1 and 2, Figure 3

shows that, for all but one configuration, a curve can be
drawn separating the points having large and small values

of dMgp/da . A method,. based on this parameter has been
developed for predicting the effective angle of attack with
greater accuracy; however, the theoretical critlical Mach
numbers are not in sufficliently close agreement, with

experimentally measured values to justify the use of this
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more involved method.

The critical Mach number of an airfoll at a given geo-
metric angle of attack can be found by applying the Kermdn-
Tgsien compressibility correction to the airfoll peak-pressure
coefficlent obtained from potential theory, This proccdurs
has been used in reference 5, It is found that the wvsasriation
of critical Mach number of each surface of an airfoil with
angle of attack is different for airfoils of different shapes,
and, even for a givon airfall, there are two markedly different
angle-of-attack regimes for vach surfece in which thils differ-
ence 1n varistion is apparsnt. One regime, usually positive
angles of attack for lower surfaces and negatlive angles for
upper surfaces, includes sngles for which the pesk-pressure
coefficient is determined chisfly by the airfoil-thickness
dlstribution and camber, and consequently there is little
change of critical Mach number with angle of =zttack. In the
other regime, the maximum-pressure psak occurs near the alr-
foll nose as a result of the additional 1ift distribution,
that 1s, the increased circulation resulting from pitching
the airfoil. There 1s considerable uncertainty as to the
accuracy of the calculations of critical Illach numbers at
these angles because of the previously discussed deviation
of the flow near the stagnation point from the Kdrmdn~-Tsien
theory. In this recgime, uncertalnty also exists for critical
Mach numbers determined from high-speed experimental pressure
distributions unless & number of pressgure orifices have been
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pl-.ccd . along the forward 5 percent of the airfoll chord., This
limitntions places serious restrictiononsa significant sourcs of
information regarding the high-speed characteristlcs of alirfolls.

The experimental and .theoretical critlical Mach number
curves for both surfaces of the airfolils conslidered ars shown
as & function of angle of attack in filgure L. As will be
discussed directly, in the present method of analysis, a
correction to the theoretical curves is required, | ~

When only one surface is at & supercritical Mach number
there 1s an effective angle-of-attack change of the other
surface which results in a change in the pressure dlstribution
end thus in the critical Mach nurber of the latter surface.
Therefore, if the critical Mach number curves are obtalned
theoretically, 1t 1s neceossary to adjust the calculated
values for the surface with the higher critical Mach number
to account for the effective angle-of-attack change due to
the shock wave on the other surface of the alrfoll. Curves
thus derived are 1ln reasonable agreement with experimental
measurements.

As was indicated proviously, when the free-stream Mach
number M 1g above the critical Mach number of only one
surface of an alrfoll, the following procedure can be
uged to calculate the subsonic portion of the pressure
distribution over the ailrfoll, The critlcal Macl. number
Moy, for the moderate geometrical angle of attack under
consideration, is computed from the low~speed pressure

cOT ID YT IAL
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distribution by means of the ¥drmdn-Tslien theory. Curves of
the Xdrmdn-Tsien conpresgsibility correction are given in
figure 5, Then having the value of M — M., Tthe curve of
figure 1 is used to estimate the effective angle of attack
for the surface of the airfoll over which the local region
of supersonic flow occurs. The subsonic portion of the
preegsure distribul.ion over this surrace of the airfoil at
the fres--stream i‘#ch number under caonsideration is obiained
by apriying the Kdrran-Tsien coupreseibility correction to
the low—gpeed pressure distributicn corresponding to the
effective angie of attack. The flow over the other alrfolil
surface 18 entirely subsonlc s» that the pressure 4dlstri-
bution can be estimated directly., The efTective angle of
attack of this surfece is obtained from the curve of figure 2
by using the seme value of If - ler as used in figure L.

The previougly mentioned procédure can be generalized o
apply to the case of alrfolls at Mach numbers above the
critical speed of both surfacee if the assumption 1ls made
that the effects of the supersonic region on each surface
are additive. In this case, it 1s necessary t» obtain the
critical Hach number for each surface of the airfoil. Then
using the upper-surface Mach number increment above 1ts
critical (¥ - HCTU)' the effective angle—of-attack changes,
due to the upper—surface supersonlc regilon of flow, for the

upper surface Aa(U.S5.8.)y and lower suriace Aa(U.8.9. )1,

CY FIDENTIAL ©
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of the airfoil are obtained from figures 1 and 2, respectively.
Similarly, for the lower-surface increment above i1ts critlecal
(M - McrL) the effective angle-of-attack changes, due to the
lower~-surface supsersonic reglen of flow, for the lower surface
Aa(L.S.8.);, and upper surfece Ag(L.9.8.)y are obtained from
figures 1 and 2, respectively. The total effective angle-ol-
attack change is then Aa(T.85.S.)y -~ ba(L.S.8.)y for the upper
surface, and A4a(U.%.8.)f - Ac(L.S.8.)1, fer the lower surface,

The limited experlimsutsl Ants uséd to derive the afore-
mentioned general procedups maka it of dublous accuracy at
Mach numbers above M - Mgy of 0,20, Below thls limit the
maximum difference betwesh the calculated angle of attack of
a surface, predicted by this procedure, and that obtained from
the experimental pressure-distribution was about 1/20.

The preceding method can be used to predict the chordwise
location of the point at which sonlc velocity is first attalned.
The pressure coefflclent corresponding to sonic veloclty at a
given free-stream Mach number may be obtained from figure 5.
The movement of the sonie point with Mach number has been
predicted using this procedure for the airfolls for which
experimental pressure distrlbutions are available. The method
is applicable for the normal operating range of high-speed
airplanes, that is, angles of attack from 0° to 4° and Mach
number increments less than 0.20 above the critical. In

this range the difference between the calculated value and

COVFIDENTILL
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the experimentally measured sonlc point was less than a few

percent of a chord length.
Region of Increasing Supersonic Local Mach Numbers

The Kdrmdn-Tsien compressibility correction is strictly
limited to subsonic reglons of the pressure distribution.
The only avallable procedure for supersonic flows is that of
Prandtl and lleyer, which presents the local Mach number as a
function of the difference between the local surface slope
and the slope at the sonic point., The local Mach number is
unliquely related to the pressure coefficient for a given
free-stream Mach number. This relationship is shown in
figure 6. To study the supersonic portion of the airfoil
pressure distribution at moderate angles of attack, local
Mach number was plotted as a functlion of the change in slope
of the surface from that at the sonic point, It was found
that the variation was simllar to the Prandtl-Meyer theory
but different configurations achieved varying percentages
of the theoretical local Mach number rise above unity
corresponding to a given slope change. The Prandtl-Meyer
theoretical increase in local Mach number for expensive
deflection of the stream from its dirsection at sonic
velocity and severasl percentages of thils theoretical
variation are presented in figure 7. For a given airfoll,

angle of attack, and Mach number, the local Mach numbers

COM-IDENTIAL
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attained conformed closely to a unlgue percentage of the
Prandtl-Meyer theoretlcsl results. This failure to obtain the
full theoretlcal rise of local !Mach number seems reasonable
because the Prandtl-Meyer theory 1s based on the assumption
of a seml-infinite uniform sonic flow deflected around a
curved surface; whereas, alrfolls at supercritical Mach
numbers have & supersohic reglon of very limited extent, The
extent and uniformity of this supersonic region depends on
such factors as the free-strgam Mach number, the critical
Mach number, and the chordwise location of the sonic point.
One varisble chosen was "Percent of Prandtl-Foyer" and .
this was correlated with.all known. airfoll parameters which
seemed relevant. These parameters included H - M,.,-the
surface curvature at the sonlc point and also at the point at
which a local Maech number of 1,2 occurs, the slope of the
alrfoil surface at the sonic polnt reletive to the free-
stream dlirection and also relative to the airfoll chord line,
the chordwise locatlon of sonlc velocity and local Mach number
of 1.2, and others. It was found that the two parameters
which gave the best correlation with percent of Prandtl-Msysr
were M ~ M,n and the slope of the surface at the sonic point
relative to the airfoll chord line. Measuring slope relative
to the airfoll chord line seems strange at first consideration
but, since for the configurations considered, the stagnation

polnt very nearly coincides with the forward end of the chord

COVRILENRIAL
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line, there seems to be some physlcal basis for using the
alirfolil chord as a referencé line. The data which were
analyzed included cases for which the included angle 8 g
between a tangent to the surface at the sonic point and the
airfoll chord line varied from 5° to 30°, Within this range
it was observed that for equel values of M - M,. the percent
of Prandtl-Meyer attained decreased with lncreasing 6g, It
should be mentioned that increasing values of 68g correspond
to movement of the sonic point toward the airfoil leading
edge., The other variation noted was that increasing M - Mqrn
for constant values of 8g resulted in increasing the
percent of Prandtl-*eyer which was attained. Curves based
on the expserimental data are presented in flgure 8. The
maxlimum difference between experimental values and these
curves corresponded to a 5-percent shift in percent of
Prandtl-Meyer,

Once the slope distribution over the ailrfoll and the
sonic-point location are determined, the supersonic portion
of the pressure distribution can be calculated as follows:
The percentage of the Prandtl-Meyer theoretical curve which
should be used is determined from figure 8. The loecal ¥Mach
numbers reached at any chordwise station are obtained from
the particular percentage curves shown in figure 7. %hen
the curves of figure 6 are used, these local Mach numbers

can be converted directly to pressure coefficlents S.

CONFIDENTIAL
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0f course, this analysis is based on the use of pergcent.
of Prandtl-Meyer as a parameter and thus can only be considered

to be emplirically derived.
Termination of the Supersonic Reglme

There is nothing in the foregoing analysis to give any
clue as to the chordwise point of termination of the super-
sonic region. It was believed that there was a very direct
relation between the stebility of the boundary layer and the
location of the shock wave, To check this hypothesis,
pressure distributions over a carefully cleaned NACA 112 air-
foll were obtained at a moderate angle and various Mach numbers
in the Ames l- by 3-1/2-foot high-speed wind tunnel. Then
grainsg of. carborundum were attached between the 5- and 10-
percent chordwlse statlions on the airfoil, and pressurs
distributions at the same angle and Mach numbers were, obtained.
" The pressure recovery, corresponding to the shock wave, was
much more abrupt but only slightly further forward for the
roughened airfoll than for the smooth airfoil, The pressure
distribution in the region of increasing supersonlc local
Mach numbers was the same for the two airfoll surface conditions,
It 1s not feaslble to make a quantitative analysis of this
phenomenon since there are no avallable theorlies of laminar
separation, transition from laminar to turbulent boundary-

layer flow, or turbulent ssparation, in supersonic flows.
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Even more lmportant, thers are no quantitative results for
the interaction between such boundary-layer changes and shock
waves. For the pressure distributions avallable on airfoils
of 12~ and l5-percent thickness, for moderate angles of
atback at Mach numbers betweern 0.05 and 0.20 above the
critical, it was noticed that the point et which the local
supersonic Mach numbers ceased to lncrease corresponded
roughly to that point, on the surface under consideration,
at which the surface was targent to the free-stream direction.
It 1s not immediately apparent why this geometrically deter-
mined parameter should so influence the flow past the airfoi}.
There 1s usually ho precise location of a shock wave
- dlscernible from the pressure distributions. Instead of an
abrupt discontinuity there is a gradual pressure recovery.
These pressure distributlions.were obtained by meens of &
liquid manometer so that they may represent a time average
pressure -distribution of an unsteady flow condition,
Alternatively, the graduasl pressure recovery observed may be
a2 result of a thick boundary layer. This boundary layer may
soften the shock :as discussed in'reference 6. Also, the
abrupt pressure change might be masked by the boundary-
layer thickness, but thls seems unlikely since, as has
been previously mentioned, an abrupt pressure recovery was
observed on the roughened NACA L}112 airfoil. It is expected

that, since airfoil surface roughness causes marked changses

co T INWNTIAL
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in the nature of the pressure recovery which accompanies
transition from supersonic to subsonic flow, Reynolds number
might have important effects on the shock wave, In ell tho -
configurations analyzed it was found that the position .on the
alrfoil surface at which the local Mach number had dropped to
unlty could be estimated by applying the Kdrmdn-Tsien
compressibllity correction to the potential theory pressure
disfribution. It was therefore decided to terminate the

. supersonlc portion of the pressure-distribution calculations
at the chordwise station for which a local Mach number of
.unity is predilcted.

The experimental pressure distributions indicate a more or
less gradual pressure recovery over the roglon from the chord-
wise station at which the surface is tangent to the frec-
stream dlrection to that station at which a local Mach number
of unity occurs. When the local pressure coefficients for
these two, statlons are connected by a straight line, 1t is
noticed that the local portion of the ®xperimental pressurc
distribution lies near this line or between this line and the
calculated supersonic pressure distribution. The presence of
this region of decreasing supersonic local Mach numbers is
belleved to be due to interaction between the local boundary

layer and the shock wave,

CO” I TILL
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Estimation of Pressure Distribution Aft

of Supersonic Region

Over the rear portion of an airfoil, behind & shock wave,
the boundary layer is probably quite thick. It is to be
expected that a thick boundary layer could have considersble
effect on the local pressurs distribution, However, there
are no avallable methods for calculating the boundary-layer
thickness behind a shock wave. Therefore, in the present
report the subsonic portion of the pressure distribution
over the rear of the airfoll will be approximated by
applying the Kérmdn-Tslen compressibility.correction to the

local potential theory pressure distribution.
DISCUSSION

The primary concern of the.preceding_analysis is the
prediction of supercritical.pressure distributions over the
forward portion of airfoils. The detailed gnalysis is
restricted to this portion of the airfoil where local
boundary-layer thickness does not markedly alter the local
pressure distribution. Before comparing calculated and
experimentsl pressure distributions, some of the genseral
problems which afise will be reviewed.

In comparing the low-speed or potential theory pressure
distribution to those at moderately high Mach numbers, it 1is

found, as would be expected, that the Karman-Tsien theory

co» IDENTIAL



22 CONFIDENTIAL WACA RM No. A7BO7

is 1naccurate near the nose of the airfoil, There 1ls no
available procedure for treating this region, Therefore, in

the preceding analysis the assumption 1s made that the Tirman-
Tsien theory provides an adeguate approximation for pressurs
coefficients at points close to the airfoll leadlng edgse.
However, the errors introduced by the assumption are of secondary
importance at moderate angles of attack, An investigatlon 1s
needed to determine how pressure coefficients change with Mach
number at the nose of thé aiffoil}

The airfoil-surface slope changes raplidly in the viclnity
of the airfoil nose. When the sonic poeint occurs in this regilon,
there may be considerable error in the determlnation of the
surface slope at the sonic point. TFortunately, thc present
method compensates for errors in the sonic-point slope. For
example, i1f too large a sonic-point slgpe 1s read for a given
value of M - Msp, too small a percentage of Prandtl-Meysr
theory would be obtained from figure 8, %Sinceo local Mach number
attained varies with both the surface-slope change from the sonic
point and the percent of Prandtl-Hejer, and an excesslve value
of one results in a diminished value of the other, it 1s sesn
that these two effects tend to counterbalance each other, except
in the immediate'vicinify of the sonic point.

The present methﬁd can be expected to give rather good
accuracy in determining the peak-pressure coefficlents and the

maximum load obtained on the forward portion of the airfoll,

CCNFIDENTIAL
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However, a factor which may contribute to differences between
calculations and experimental measurements for airplane wings
is the fact that the supersonic portion of the pressure dilstri-
bution depends upon the airfoll-surface slopse., As a result of
practical construction difficulties, there are discrepancies

in the actual wing profile which give rise to uncertainties

regarding the surface slope.
Application of Method

In order to evaluate the utllity and limltations of the
procedure which has been developed, this method has besen used
to calculats the various configurations for which experimental
results are avallable, As has been pointed out, the develop-
ment of the method limits lts applicatlion to moderste anzles
of attack and to Mach numbers less than 0.20 above the critiesl
Mach number, For angles of 0°, 20, and ho, two supercritical
Mach numbers have been considered for each airfoll. The calcu-
lated characteristics of all the configurations are tabulated
in table I,

For incompressible potentlal theory, it 1s usual to obtain
the velocity distribution rather than the pressure distribution.
The additional 1ift due to pitching the airfoil is directly
additive to the basic velocity distributlon so that the velocity
distribution is particularly convenient for treating cases for
which several angies of attack are considered. Since velocilty

dlstribution is so easily modified, 1t was decided to use the
CORFITENTZAL
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presgsure coefficient 8, which,at low speeds, is the sguare of
the ratio of the local veloclity and the free-stream velocity,

In figure 5 the EKarman-Tsien theoretical variation of pressure
coafficient 8 with Mach number 1s presented. The supersonic

theory of Prandtl-Meyer is in terms of the local Mach number,

Figure 6 gives the prsssurs coefficient S corresponding to a

local Ifach number as a function of fres-stream llach number.

As has been previously mentioned, 1t was noticed that the
termination of thec supersoni¢ regime 6f rising pressure coel-
ficients occurs approximately at the point where tho airfoll
surface is parallel to the effective free-stream direction, In
the calculated pressure dlstributions this point is connected
with the rearward sonic point by a straight line.

As an example of pressure-distribution varistion with
Mach number for a fixed geometric angle of attack the NACA
655~215 alrfoil at 2° is considered. Figure 9 shows a com-
parison of the calculated pressure-distribution curves and
the exporimental points at lMach numbers of 0,700, 0.725,
0.750, 0.775, 0.800,and 0.825. The present method has a
lower limit of applicability st M - Mepr of 0.05 because of
the very limited supersonic region for such slightly super-
eritical Mach numbers. An approximate value of the presasure
distribution in this regime is obtained by applying the
Kdrmdn-Tsien compressibility correction for the entiro

pressure distribution. At Mach numbers of 0,775 and 0.800

COTFID™ATLAL
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the lower surface 1s only slightly supércritical and applyving
the Karmdn-Tsien theory gives inasccurate values for thc peak-
pressure coefficlents, .Both surfaces ere well nbove thelr
respective critical Mach numbers at 0.825 so tho present
method can be applled to both surfaces., The large drag
coefficient at this Mach number indiecates a thick boundary
layer at the rear of the airfoil which may be the cause of
poor accuracy of Kdrmen-Tsien theory in this region. Through-
out the Mach number range the calculations give a good
prediction of the peak-pressure coefficlents and of the load
over the forward L,0 percent of the chord length.

Now consider tﬁe same alrfoll at different angles of
attack. At 0° and li°, the marked difference in the type of
loading for the low and high supercritical Mach numbers is
correctly represented by the calculations.

In figure 10, it 1s seen that the method works well for
the NWACA 66,2-215 airfoil at 00 and 20, 4s a rcsult of the
small leading-edge radius of this airfoil the upper-surface
critical speed at l° 15 determined by a pressure peak near
the nose; thereforc, the critical speed cannot be determined
accurately. However, this is e borderline casc in thet the
forward pressure peak i1s not very sharp,so the critical Mach
number was based on the farthest forward expeorimental precssure
point. The calculated pressure distributions based on this

critlical Mach number are presented to show the megnitude of

CCHNPTILTRNTIAL
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the error that can be expected for such borderline cases.

For the WACA 12 airfoil at 0°, 2°, ang L,° the change
In type of loading with Mach number ig accurately predicted,

There was some inaccuracy in the construction of the
NACA 0015 airfoll as can bs seeﬁ in figure 12 from the
difference between the experimental pressure distribution for
the two surfaces at 0°. At 2° for M = 0.725 and at L° for
both Mach numbers shown, the upper-surface shock is very far
forward., The start of the ﬁﬁrked pressure recovery ls still
at the point at which the éirfoil surfeco 1s tangent to the
frece-stream direction.

The comparisons of experiment and theory for the NACA_
23015 are presented in figure 13, AtTOO,ZO,ﬂnd LL° the shock
occurs far forward, but the load distribution and pressure
peaks are well represented.

It is intercsting to notlce the similarity between the
results for the NACA Llj15 airfoill in figure 1l and the NACA
hhi12 in figure 11, The valucs of M + M., used in flguro 1
were chosen to be as closc as possible to those for the
corregsponding angles of atback in figure 11, The agrcement
between celculation and experiment in the vicinity of the
nose is not as good for the NACA ;15 airfoll as for the
NACA Llj12 airfoil because of the difficulty arising as a

result of the large leading-edge radius of the former airfoil.
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CONCLUDING REMARKS

The procedure which has been developed provides a satis=
factory prediction of the supersonic bértion of the super-
critical pressure distributibns for alrfoils at moderate
angles of attack; The parameters on which the procedurs
1s based were limited to those which were determinable
from potential theory pressure distributions and the
geometric propertlies of the airfoils. This method, therecfore,
cennot be considered definitive, It 1s primarily a useful
means for predicting maximum loads.and peak-pressure coeffi-
cients, Further experimental investigatlion of conditions in
the vicinity of the alrfoil nose at high Mach numbers should
permlt an extension of the method to a wider angle-of-attack
range.
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